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Summary pressure, reusable rocket chambers. 


During a test program co Investigate low-cycle 
thermal fatigue, 13 rocket combustion chambers were 
fabricated and cyclically test fired to failure. 

Six oxygen-free, hlgh-conductlvlty (OFHC) copper 
and sev en Amzlrc chambers were tested. The chamber 
liners were fabricated of topper or copper alloy 
and contained milled coolai t channels. The chambers 
were completed by means of an electroformed nickel 
closeout. The combustion chamber pressures were 
4.16 and 5.52 MN/m^ (600 and 800 psla). The 
oxidant-fuel ratio for the liquid oxygen and gas- 
eous hydrogen propellents was 6.0. The failures In 
the OFHC copper chambers were not typical fatigue 
failures but are described as creep rupture en- 
hanced by ratcheting. The coolant channels bulged 
toward the chamber centerline, resulting in pro- 
gressive thinning of the wall during each cycle. 

The failures In the Amzlrc alloy chambers were 
caused by low-cycle thermal fatigue. The lives were 
much shorter than were predicted by an analytical 
structural analysis computer program used In con- 
junction with fatigue life data from isothermal test 
specimens. The reason for this discrepancy was that 
the zirconium in the alloy was not evenly distrib- 
uted in the chamber material as it had been In the 
test specimens. Consequently, the life that was 
achieved waB nominally the same as would have been 
predicted from OFHC copper isothermal te6t data. 

Introduction 

The requirement for reusability of high- 
chamber-pressure, regeneratively cooled, rocket 
thrust chambers in the near future has precipitated 
experimental and analytical low-cycle thermal fa- 
tigue studies with hlgh-conductlvlty materials. 
Hlgh-thermal-cocductlvlty materials are required 
for the thrust chamber liners. The heat flux as- 
sociated with the high chamber pressures (13.8 to 
20.? M N/o> 2 (2000 to 3000 psla)) of proposed high- 
performance engines for future space transportation 
systems cannot be accommodated by the lower con- 
ductivity materials at thicknesses necessary for 
the pressure loads. The expected design life for 
these future reusable thrust chambers Is from 100 
to 300 cycles. The work reported herein was not 
Intended to demonstrate a particular life goal but 
rather to produce several low-cycle thermal fatigue 
failures In rocket thrust chambers for the purpose 
of enhancing our knowledge of such failures and im- 
proving the present capabilities In low-cycle ther- 
mal fatigue analysis and life prediction. 

In 1967 and 1968 a high-chamber-pressure pro- 
gram to evaluate the technology for mil lad-channel 
jfc opnar thrust chambers was conducted jointly by 
Boelkov GtabH and Rockmtdyne, a division of North 
American Rockwell Corporat ion 1 »^. P urine testing at 
^hamfcjr pressures from 13.8 to 20.7 MN/m* (2000 to 
'JIOOO pels) fatigue cracks appeared in the throat of 
one of the oxygsn-fraa, hlgh-conductlvlty (OFHC) 
copper chambers. It was not within the scope of 
that work to Investigate low-cycle thermal fatigue, 
but it was identified as a problem t ea for hlgh- 


In 1972, low-cycle thermal fatigue tests were 
conducted by the U.S. Air Force on rocket combustion 
chambers that had been designed and fabricated by 
Rocketdyne3.4. These tests were conducted at a 
chamber pressure of 5.2 MN/m^ (750 psla). Experi- 
mentally obtained fatigue life was compared with the 
analytical predictions for two zirconium-copper al- 
loys: Amzlrc, which was obtained from American 

Metals Climax, Inc; and Narloy-Z, which was obtained 
from Rocketdyne. 

The NASA Manned Space Flight Center later ac- 
quired more of these chambers and continued the 
work. The life analysis for these tests Is reported 
in reference 5. 

In the previous work the nature of the thermal 
fatigue problem In rocket combustors was defined 
only for a few select configurations. The questions 
still unanswered were how fatigue life was affected 
by such variables as chamber contour, material, 
chamber pressure, wall temperature, and start cycle. 
Further, the ability of analysis to predict fatigue 
life and the consistency of experimental results 
were also not determined. It was in response to 
these problems that the present work waB undertaken. 
It presents a comprehensive investigation into the 
effects of two chamber contours, three chamber ma- 
terials, two chamber pressures, two wall tempera- 
tures (two coolant flows) , and two start cycles on 
fatigue life. This Is done with 13 separate com- 
bustion chambers of which 4 are duplicate configu- 
rations for repeatability considerations. 

The combustion chambers had a throat diameter 
of 6.60 cm (2.60 in.) and were fabricated and cy- 
clically tested to failure with hydrogen and oxygen 
propellants. The combustion chamber pressures used 
in the present work were 4.14 and 5.52 MN/m? (600 to 
800 psla). The fabrication method used was electro- 
form closeout of milled coolant passages, which Is 
typical of high-pressure, high-performance rocket 
engines, such as the Space Shuttle Main Engine 
(SSME). Attempts were made to correlate the exper- 
imentally determined life with analytical predic- 
tions for each of the 13 chambers used. The analyt- 
ical capabilities required to make life prediction. 
Included a thermal analyser program, SINDA&, and a 
structural finite element program, RETSCP?. The 
structural analysis Included combined thermal and 
pressure loading. Comprehensive Isothermal strength 
and fatigue data were obtained for several candidate 
thrust-chamber-llner materials. These data are re- 
ported in references 8 and 9 and Include material 
properties and fatigue data for the three chamber 
liners used In the present testing: OFHC copper, 

|annesled Amzlrc, and half-hard Amzlrc. 

After the structural analysis was completed, 
the effective strain-range data were applied to the 
reference Isothermal fatigue data In order to pro- 
duce a predicted life for each of the 13 chambers 
tested. These predicted and measured results were 
then compared. In addition, destructive tests were 


made on representative fatigued chambers to deter- 
mine the metallurgical characteristics of the liner 
materials near the fatigued areas for comparison 
with the reference materials. Also crack propaga- 
tion and liner deformation were investigated by 
destructive means. 

Apparatus 

Test Facility 

The investigation was conducted at the Lewis 
Research Center rocket engine test facility. This 
is a 222,410-newton (50,000-lbf) . sea-level rocket 
test stand equipped with an exhaust-gas muffler and 
scrubber. The facility used pressurized propellant- 
storage tanks to supply the propellants to the com- 
bustor. Propellants were liquid oxygen and ambient- 
temperature gaseous hydrogen. Liquid hydrogen was 
used as the coolant. Details of the installation 
are shown in Figures 1(a) and (b). 

Figure 1(a) shows the thrust stand and exhaust- 
gas scrubber entrance with a typical combustion 
chamber mounted in place. Figure 1(b) is a sche- 
matic of the test facility shoving the propellant 
supply and the instrumentation locations. The sep- 
arate coolant flow circuit allows coolant flow to 
be Independent of engine propellant flow. The spent 
hydrogen coolant was disposed of through a burn 
stack. For test convenience an external Ignitor 
torch was used to ignite the propellants. At ig- 
nition the flame front would pass upward through 
the throat and Ignite the propellants in the com- 
bustion chamber. 

Injectors 

With the injectors used in this investigation, 
the fuel (gaseous hydrogen) was injected through a 
porous Riglmesh face plate. The oxidant was in- 
jected through 85 showerhead tubes distributed 
evenly over the Injector face. Figure 2(a) shows 
the face side of an injector; Figure 2(b) is a 
cross-sectional sketch of one element, showing the 
liquid oxygen tube and the porous face through 
which the fuel was injected. At the start of this 
program, this injector design was selected from 
several other candidate designs because of its ex- 
cellent performance, heat flux uniformity, and dur- 
ability characteristics. The heat flux uniformity 
of the candidate injectors was compared by conduct- 
ing firing tests with ablative chambers and examin- 
ing the erosion patterns. The selected Injector 
was the best in heat flux uniformity and durability 
and had an energy release efficiency of 97. 5X, with 
all data within a band of +0.5Z. The performance 
procedure used to compute injector efficiency is 
outlined in reference 10. 

During the performance testing with the heat- 
sink thrust chambers, tests were made with high- 
response piezoelectric pressure transducers to 
measure combustion chamber pressure oscillations 
and thereby to ascertain whether combustion insta- 
bility was present. No instability was found. 

Fatigue Combustion Chambers 

The details of the thrust chambers used in the 
low-cycle fatigue life investigation are shown in 
Figures 3(a) to (f). The chambers were made in two 
contours, contour A and contour B (Fig. 3(a)). The 
chambers, which had a contraction ratio of 3.70, 


were 38.1 cm (15 in.) long overall with the throat 
located 25.4 cm (10 in.) from the injector face. 

The throat was 6.60 cm (2.6 in.) in diameter, and 
the nozzle exit was 13.2 cm (5.2 in.) in diameter. 
The chamber liners were made of copper or copper al- 
loy and had coolant passages machined Into the outer 
surface (Fig. 3(b)). Three materials were used for 
the liners: oxygen-free, hlgh-conductivlty (OFHC) 

copper; annealed Amzlrc, which is an American Metal 
Climax, Inc., 0.15Z zirconium-copper alloy; and 
Amzlrc in a half-hard state that was achieved by a 
cold spinning operation prior to final machining. 
After machining, the coolant passages were temporar- 
ily filled with a wax, and a layer of nickel was 
electrodeposited onto the outer surface to form the 
nickel outer Jacket shown in Figure 3(c). The cool- 
ant passage cross section thus formed Is shown in 
Figure 3(d), which is a section through the throat 
plane of the chamber. The coolant passage dimen- 
sions were selected to provide a hot-gas-side wall 
temperature of 811 K (1460° R) inthe throat for the 
operating conditions of 4.14-f!N/m' (600-psia) cham- 
ber pressure and 0.91-kg/sec (2.0-lb/sec) coolant 
flow rate. Much lower temperatures were selected 
for other areas of the chamber to Insure that the 
throat would be the region of highest strain. All 
13 chambers used in the testing were designed with 
the same coolant passage height at the throat sec- 
tion. After electroforming, the wax was melted out 
of the coolant passages, the manifolds welded on, 
and the instrumentation attached. Figures 3(e) and 
(f) show two such completed chambers, one of each 
contour. 

The instrumentation on the thrust chambers con- 
sisted primarily of two types of thermocouples. 
Copper/constantan alloy thermocouples were spot 
welded onto the outside diameter (O.D.) of the com- 
bustion chamber. High-response Chromel/constantan 
thermocouples were placed inside a 0.35-mm 
(0.014-in.) stainless steel sheath and were spring 
loaded against the bottom of a hole drilled into the 
copper rib. The thermocouple tip was located with- 
in 1.27 mm (0.050 in.) of the hot-gas-slde wall 
surface (chamber inside diameter (I.D.)). A typical 
rib thermocouple hole is shorn in Figure 3(d). In- 
spection of the precision-machined holes indicated 
that the distance from bottom of the hole to the 
I.D. was 1.27jK).C5 mm (0.050+0.002 in.). Analysis 
has shown that the temperature profile across the 
rib at thin radial station is essentially flat, and 
precision in circumferential location of the thermo- 
couple hole is necessary only to keep from breaking 
into a coolant passage. To make sure that the ther- 
mocouple holes did not break into the coolant pas- 
sages, each was leak testrd with helium. During 
the course of this program, considerable develop- 
ment work was done in perfecting the temperature 
measurement technique in these rib holes. As a re- 
sult, temperature data for some of the early cham- 
bers we re not acc urate . In the analysis of these 
chambers, it was assumed that char era that were 
fabricated from the same material 'nd tested at the 
same conditions operated at the same wall temper- 
ature. The final version of the rib thermocouple 
was a sheath of 0.35-mm (0.014-in.) stainless-steel 
tubing in which 0.025-mm (0.001-in.) diameter 
Chromel and .onstantan wires made a Junction at the 
end of the tube in a small "bullet"-shaped tip of 
silver solder. The probe tip was then gold plated 
with a thickness of approximately 0.005 mm 
(0.0002 in.) in order to provide a malleable con- 
tact surface to press against the copper bottom of 
the hole in the rib. The probe was then spring 
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loaded against Che hole bottom with a force of ap- 
proximately 120 g (0.26 lb). 

During the course of the program a source of 
error was recognized In trying to measure the rib 
temperature. The outside surface of the chamber 
would cycle from below 55 K (100° R) between fir- 
ings to above 222 K (400° R) while firing. The 
thermocouple holes would cryopump condensable gases, 
which would then evaporate from the holes during 
each cycle. The temperature reading was thus being 
affected by both the heat of condensation (and 
evaporation) of these condensable gases and by the 
presence of surface corrosion that formed as a re- 
sult of the environment. To avoid this problem, a 
flow of low-pressure (17.2 kN/m^; 2.5 psig) gas- 
eous helium was used to effectively displace any 
condensable gases from the entrance to the thermo- 
couple holes. 

Procedure 

Two test cycles were used In this program. 

They are shown In Figure 4. The first was a slow 
test cycle that attempted to bring the wall tem- 
peratures up so that the maximum temperature differ- 
ence between the hot-gas-slde wall and the chamber 
O.D. would occur during steady-state operation. 

The time of maximum temperature difference usually 
produces the maximum strain. Temperatures would be 
relatively easy to measure at steady-state condi- 
tions, and therefore the cycle would be well char- 
acterized. In practice, however, the maximum tem- 
perature difference did not occur at steady-state 
conditions in spite of the slow ramp start. Instead 
it occurred during the start ramp and was 25 to 30X 
greater than steady-state values. It was Impracti- 
cal to consider extending the ramp duration, espec- 
ially for a cyclic test program, since the time and 
propellant expended for testing would be excessive. 
For these reasons, a second test cycle, referred to 
as "the fast cycle" (Fig. 4), was developed. In 
this cycle the maximum temperature difference 
would occur during the sudden start transient. With 
the fast cycle, the combustion chamber reached full 
chamber pressure in 0.05 to 0.06 sec. gnd the max- 
imum temperature difference across the wall was 
equal to approximately 130X of the steady-state val- 
ue. Once the cycle was well beyond the time when 
the maximum temperature difference had occurred, 
which was approximately 0.30 sec after start, the 
chamber was shut down. This gave a rated thrust 
duration of about 0.85 sec. The liquid hydrogen 
coolant flow was continued during a 1. 4-sec shut- 
down, which was enough time to cool all parts of 
the chamber to original conditions. Then the cham- 
ber was recycled. This gave a total cycle duration 
of 2.3 sec. With the storage capability of the fa- 
cility, as many as 125 cycles could be made In a 
single firing series. Accurate temperature meas- 
urement on the chamber was very Important in order 
to characterize the thermal gradients necessary to 
make the life analysis and predictions. With the 
fast cycle, thermocouples with a fast response were 
needed, especially In the rib holes. To fill this 
need, the rib thermocouple probe described In the 
section Apparatus was developed. 

The test cycles were programmed Into a solid- 
state timer that was accurate and repeatable to 
within +0.001 sec. Fuel and oxidizer flows were 
controlled by f ix’d-position valves and propellant 
tank pressures. Coolant flow was controlled by a 
cavltating venturi. Coolant Inlet pressure was con- 


trolled by coolant tank pressure, and coolant exit 
pressure was kept constant by a closed-loop control- 
ler modulating a backpressure valve. Control room 
operation of the test Included monitoring of the 
teBt hardware by means of three closed-circuit tel- 
evision cameras and one cell microphone. The output 
of the microphone and one television camera were re- 
corded on magnetic tape for later playback. The 
cell microphone was the primary data sensor for de- 
termining the time of the fatigue failure. During 
the cooldown phase of the cycle, between thrust 
pulses while the coolant continued flowing, any 
coolant leak significant enough to Indicate a 
throughcrack could be heard very clearly. In most 
cases It was possible to recognize a failure and to 
stop the cyclic testing within two cycles of the 
failure. In playing back the audio tape, we could 
precisely determine the exact cycle when failure oc- 
curred in all but two chambers, which are discussed 
In the following section. 

Test Results 

TeBt Conditions 

Thirteen rocket chambers were thermally cycled 
to failure. Eight of these chambers were tested 
with the same test cycle and under the same test 
conditions. The test matrix giving the test con- 
ditions, the chamber numbers, the chamber liner ma- 
terials, and the chamber contours Is shown in Ta- 
ble I. Six of the rocket chamber liners were made 
of oxygen-free, high conductivity (OFHC) copper. 

The three B contour chambers were in this group. 

Four chamber liners were made of Amzlrc in a fully 
annealed condition, and three were fabricated from 
Amzlrc that had been cold worked to a half-hard con- 
dition by spinning. 

The baseline cycle used for eight of the cham- 
bers In the test matrix was the fast cycle described 
In Figure 4, with a combustion chamber pressure of 
4.14 MN/m^ (600 psia) and a coolant flow rate of 
0.91 kg/sec (2.0 lb/sec). Two of each type of cham- 
ber were tested in this manner (Table I). Two oth- 
er chambers were tested with the coolant flow rate 
reduced to 0.59 kg/sec (1.3 lb/sec). Another two 
chambers were tested with a coolant flow rate of 
0.59 kg/sec (1.3 lb/sec) but with the chamber pres- 
sure Increased to 5.52 MN/m^ (800 psia). One cham- 
ber was tested under the baseline conditions of 
4.14-MN/m2 (600 psia) chamber pressure and 0.91- 
kg/sec (2.0 lb/sec) coolant flow rate but with the 
slow cycle described in Figure 4. 

Care wsb taken to insure that the flow rates 
and fluid pressures were nearly the same for each 
cycle of a test series. Combustion oxidant-fuel ra- 
tio was nominally 6.0, with a range of approximately 
hhO. 15. Combustion ch imber pressure varied +3X from 
the nominal value stated for each cycle. Coolant 
flow rate varied +2X from the nominal value stated 
for each cycle. The effect on fatigue life of test- 
condition variations of this order was assumed to be 
well within the accuracy of the life predictions. 
Cycle-by-cycle data for these and other pressure and 
flow rate parameters are not presented. 

Of the 13 chambers fabricated and tested, eight 
were instrumented to measure the temperature in the 
coolant ribs at a point 1.27 mm (0.050 in.) from the 
hot-gas-slde wall and in the plane of the throat. 
Four spring-loaded thermocouples (described in the 
section Apparatus ) were located 90° apart. For each 
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rib thermocouple a corresponding thermocouple was 
peened onto the chamber O.D. 

Typical rib temperature data for a single cycle 
are presented in Figure 5. These data are for the 
baseline fast cycle, where combustion chamber pres- 
sure was 4.14 MN/m^ (600 psla) and the coolant flow 
rate was 0.91 kg/sec (2.0 lb/sec). The data pre- 
sented are for the twenty-sixth cycle with chamber 
S/N 70 but are typical of all chambers in terms of 
transient response and the range of data between 
the four thermocouples. The figure shows that the 
difference in temperature between the hottest and 
the coldest circumferential locations was approxi- 
mately 69 K (125° R) at the end of the transient and 
less than that toward the end of the firing. For 
the fast cycle (Fig. 4) the rise time for the cham- 
ber pressure tranrlent was approximately 50 msec. 

The rib temperature transient occurred in approxi- 
mately 0.4 sec. Also shown in figure 5 are typical 
chamber O.D. temperature data as a function of time 
for one firing cycle. It can be seen that this pa- 
rameter does not come to steady state during a fir- 
ing when the fast cycle is used. 

Figures 6(a) and (b) summarize the data re- 
corded during the last 0.1 second of each firing for 
each cycle during the life of chamber S/N 101. The 
data taken at the hottest rib station and at the 
corresponding chamber O.D. temperature station are 
presented in Figure 6(a). The coolant temperature 
rise data are presented in Figure 6(b). For all 
but one of the seven chambers where rib temperature 
measurements were taken during each cycle of cham- 
ber life, there was a trend of increasing rib tem- 
perature, chamber O.D. temperature, and coolant 
temperature rise from the first cycles to the last 
cycles. The amount of this Increase seemed to be 
related to the amount of deformation that occurred 
because of the different-strength liner materials 
tested. The one Instrumented chamber that did not 
show this trend of increasing temperature with life 
was half-hard Amzlrc chamber S/N 121. The rib tem- 
perature for this chamber remained constant with 
each succeeding cycle. The coolant passage defor- 
mation was also considerably less for half-hard 
Amzlrc chambers than for the other chambers. 

To determine experimentally the effect of cool- 
ant flow rate on measured rib temperature, the flow 
rate was varied slightly during the first six cycles 
with chamber S/N 101. These data are presented in 
Figure 6(c). From the slope of these data it can be 
seen that a +2X variation in coolant flow rate is 
equivalent to a +11 K (+20° R) variation in rib 
temperature. The effect of ti,? nonstandard coolant 
flow rate on rib temperature, chamber O.D. temper- 
ature, and coolant temperature rise during the first 
six cycles of testing can also be seen in Figures 
6(a) and (b). 

The experimental data for each test chamber are 
presented in Table II. The cycle type refers to the 
two cycles described in Figure 4. Experimental 
steady-state rib temperature data from the hottest 
thermocouple location are presented for two differ- 
ent times during the life of each chamber. These 
two temperatures, referred to as "new" and "end," 
are averages of the first few cycles when the cham- 
ber is new and of the laat few cyclea Just before 
fatigue failure. Where no rib temperature data are 
Indicated, either the chamber was not instrumented 
or, in the case of chamber S/N 50, the data for 
early test cycles ware not considered to be valid 


because of the instrumentation methods used. Cham- 
ber S/N 50 was reinstrumented for the last few test 
cycles. Although some chambers were not instru- 
mented to measure rib temperature, all fluid pres- 
sures, flow rates, and combustion performance pa- 
rameters were measured for all tests to Insure the 
proper test conditions. 

Experimental Cycles to Failure 

For this investigation, a fatigue failure was 
defined as a chamber liner inner-wall throughcrack 
that permitted audible detection of a coolant leak 
into the combustion chamber. In practice, cracks of 
approximately 1000 pm in length (nominally 1 wall 
thickness) are the minimum size detectable by this 
method. The cycle during which the flaw became a 
throughcrack was determinable by the method de- 
scribed in the section Procedure and is listed for 
each chamber in Table II under experimental cycles 
to failure. 

Most tests were manually aborted within one or 
two cycles after it was suspected that a failure 
had occurred. The coolant passages were then pres- 
sure checked to determine the number and location(s) 
of the failures. There is no uncertainty about the 
experimental cycles to failure tabulated in Table II 
for any of the chambers tested, except chambers S/N 
90 and S/N 100, which are both annealed Amzlrc. 

For all the other chambers there was only one fail- 
ure site initially, and the failure cycle was easily 
determined from listening to the audio tapes. Some 
typical failure sites are shown in Figure 7. With 
the 0FHC chamber liners there was significant bulg- 
ing of the channels out into the combustion chamber. 
Figure 7(a) shows the throat section of an OFHC cop- 
per chamber in profile; the bulging can be seen, as 
well as the failure site. The failure site is vis- 
ible both on the liner and reflected in a mirror. 

The crack is approximately 2 mm (0.08 in.) long and 
is located near the center of one of the bulges. 
Figure 7(b) shows a failure site in a half-hard 
Amzlrc chamber. There is much less bulging and the 
crack is approximately 8 mm (0.31 in.) long. 

Three of the failed chambers were retested 
with new rib temperature instrumentation to confirm 
the measurements. During these retests, additional 
damage occurred. Those chambers retested, the num- 
ber of additional cycles, and the additional damage 
are noted in the remarks column of Table II. An- 
nealed Amzlrc chamber 80 was retested for an addi- 
tional 10 cycles. During those 10 cycles the crack 
grew from approximately 6 mu to approximately 19 mm 
(0.24 in. to 0.75 in.). The crack is shown two cy- 
cles after the initial failure and then 12 cycles 
after the initial failure in Figures 7(c) and (d), 
respectively. Similarly the fatigue crack in cham- 
ber S/N 90 grew from 7 ■ to 15 m (0.28 in. to 
0.59 in.) during ei^ht retest cycles. During 13 re- 
test cycles with OFHC copper chamber S/N 50, three 
additional pinhole failures occurred in the throat 
region. These failures look much like the crack ex- 
cept that they are bulges not linear cracks. 

As already mentioned it was not possible to 
precisely determine the failure cycle for two of 
the chambers. The reason was that, after a signif- 
icant failure was detected by the change in sound 
and the testing was aborted, additional small fail- 
ure sites were also located. Table II indicates 
that with chamber S/N 100 there were two pinhole 
leaks in the throat region in addition to the fa- 
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tigue crack. These pin holes are shown in Figure 
7(e). Similarly, with chamber S/N 90 there were 
three pinhole leaks in addition to the fatigue 
crack. In both cases the number of experimental 
cycles to failure reported in Table II is thought to 
reflect the cycle when the larger fatigue crack oc- 
curred because the change in sound produced from 
that size leak was clearly audible. 

Although the rib temperature data are Included 
and are considered to be typical, the cycles-to- 
failure data for chamber S/N 101 are not included in 
Table II because the failure occurred at a nontyp- 
lcal wall temperature. Prior to cyclic testing of 
chamber S/N 101, a small leak through the liner was 
detected near the Injector end. The leak was re- 
paired by using a light surface braze. Because the 
subsequent fatigue crack was in line with this re- 
pair, the chamber was sectioned and it was deter- 
mined that two adjacent coolant passages were par- 
tially blocked by the braze material. The nearest 
rib temperature measurements were four ribs away; 
consequently, there were no experimental temperature 
data for use in the life analysis. The fatigue 
failure occurred during cycle 51. Seven of the 13 
chambers have been Inspected by destructive means. 
There is no evidence or suspicion that any other 
passages in any other chambers were blocked. 

From the cycles to failure in Table II, it can 
be seen that the four OFHC chambers (S/N's 40, 50, 
70, and 71) tested with the fast cycle at 4.14-MN/m 2 
(600-psia) chamber pressure and 0.91-kg/sec (2.0-lb/ 
sec) coolant flow rate all failed between 130 and 
165 cycles. Further, for the present case, when the 
design was for the same hot-gas-side wall tempera- 
ture, there was no effect of chamber contour on fa- 
tigue life (chambers S/N 40 and S/N 50 were contour 
B; chambers S/N 70 and 71 were contour A). The OFHC 
copper chambers S/N 10 and S/N 60 failed much earli- 
er than did these. Chamber S/N 10 was fabricated 
from a billet containing very large columnar grains. 
The other chambers had a much smaller grain size, 
and it is this difference that probably accounts 
for the differences in fatigue life. (A more com- 
plete description of all liner materials is pre- 
sented in the section Destructive Analysis .) Cham- 
ber S/N 60 failed at 34 cycles rather than between 
130 and 165 cycles because the test cycle was made 
much more severe by reducing the coolant flow rate 
from 0.91 kg/sec to 0.59 kg/sec (2.0 lb/sec to 
1.3 lb/sec). 

For the extremely severe test cycles, the an- 
nealed Amzirc chambers had longer life than did 
either the OFHC copper or the half-hard Amzirc 
chambers (Table II). However, when tested at a 
chamber pressure of 4.4 MN/m 2 (600 psia) and with a 
coolant flow rate of 0.91 kg/sec (2.0 lb/sec), the 
OFHC copper chambers had longer life than either of 
the two Amzirc types. 

Structural Analysis 

To predict the fatigue life of thrust chambers, 
the maximum strain range within which the linear 
material is cycled must be determined. Once this 
strain range is known, the life of the chamber can 
be predicted from the material fatigue life curves 
that are obtained experimentally. These curves 
present cycles to failure as a function of strain 
range. 

The cyclic strain range to which the liner ma- 


terial is subjected depends upon the mechanical and 
thermal loading. Mechanical loading Is Imposed by 
the coolant channel pressure, the combustion gas 
pressure, and the thrust load. The thermal loading 
depends on the thermal gradients that occur in the 
chamber during its firing cycle. Therefore, to ac- 
complish a structural analysis, a means for predict- 
ing the thermal conditions of the structural model 
must be provided. The thermal analyzer program 
SINDA 6 was used for the thermal predictions associ- 
ated with this program. Experimental temperature 
data were used as an aid In calculating reasonably 
accurate temperature profiles. 

As Input, the SINDA program requires hot-gas- 
side and coolant-side heat transfer boundary condi- 
tions as functions of time so that cross-sectional 
temperature maps may be calculated at selected times 
during the firing cycle. The heat transfer correl- 
ations available in the literature made it possible 
to describe the boundary conditions accurately for 
steady-state operation. Two of the nodes in the 
SINDA program corresponded lr location to the meas- 
ured rib temperature and chamber O.D. temperature 
locations. The SINDA program, therefore, could be 
used to extrapolate the experimental data to deter- 
mine a pseudoexperlmenual hot-gas-side wall temper- 
ature. 

When this was done for the design conditions of 
4.14-MN/m 2 (600-psia) chamber pressure and 0.91- 
kg/sec (2.0-lb/sec) coolant flow rate, the hot-gas- 
side wall temperature was determined to be 828 K 
(1490° R) instead of the design value of 811 K 
(1460° R). The difficulty with using an analytical 
program for a priori temperature prediction, how- 
ever, is in properly describing the hot-gas-side 
and coolant-side boundary conditions during the rap- 
id transients. The maximum temperature difference 
between the hot-gas-side wall and the chamber O.D. 
occurred during the transients for the cycle used in 
the present work. Therefore, it was necessary to 
empirically determine the boundary conditions dur- 
ing the transients in order to force the analytical 
prediction to match the experimental data. A typ- 
ical comparison of the analytical temperatures with 
experimental data is shown In Figure 8. The exper- 
imental data which are represented by the circles, 
are the rib temperatures measured in the throat 
plane at a point 1.27 mm (0.050 in.) from the hot- 
gas-side wall. The triangles represent experimental 
temperatures measured at the chamber O.D. In the 
same axial plane. The curves associated with these 
points are the loci of the analytical temperatures 
for those locations. Analytical temperature for the 
hot-gas-side wall is represented by the curve la- 
beled as such, and the temperature difference be- 
tween the hot-gas-side wall and the chamber O.D. Is 
shown by the AT curve. The maximum temperature 
difference occurs at 0.27 sec into the cycle and 
the minimum temperature difference occurs at 1.34 
sec into the cycle for the case shown. 

Table II Identifies each chamber, its cor- 
responding test condition, and the nominal rib tem- 
perature for each case. Chamber S/N 10 was anal- 
yzed separately since Its cycle was different from 
the others. Chambers S/N 40 to S/N 121, which in- 
cluded four OFHC copper chambers, two annealed 
Amzirc chambers, and two half-hard Amzirc chambers, 
were all tested under the same conditions. Cham- 
bers S/N 60 and S/N 90 were tested at a reduced 
coolant flow rate and 4.14-MN/m 2 (600-psia) cham- 
ber pressure, and chambers S/N 80 and S/N 110 were 
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tested at 5.52 MN/n? (800 paia) and the sane re- 
duced coolant flow rate. Each set of test condi- 
tions produced a different nominal rib temperature. 
Therefore, four different thermal analysis cases 
were required. 

Although the thermal analyser program provides 
temperatures as a function of time, only two times 
were selected for the strain analysis. These times 
corresponded to the points of greatest temperature 
difference between the hot-gas-side wal' and the 
chamber O.D. during the transient heating and cool- 
ing portions of the firing cycle. Generally, this 
is when the maximum tensile and compressive strains 
occur. During the heating transient, the thermal 
growth of the hot copper liner Is restricted by the 
cooler nickel closeout so that large plastic com- 
pressive strains are Induced In the liner. During 
the cooling transient, a similar situation occurs 
except that the closeout is at a higher temperature 
than the liner and thus tensile strains are Induced 
in the liner. The times of greatest temperature 
difference are shown In Figure 8 at 0.27 and 1.34 
sec. 

Figure 3(d) Bhows the dimensions of a section 
through the throat of the test chamber. This area 
was selected for the structural analysis because 
the high heat flux that occurs here generally pro- 
duces the maximum strain. Because of synmetry of 
geometry and loading conditions at the throat plane, 
the structural analysis could be performed with a 
model bounded by the inner and outer surfaces and 
by radial planes through the centers of the channel 
ribs and coolant channels, as shown In Figure 3(d). 
This model was used for the finite-element structur- 
al program RETSCP^ that was used In this analysis. 
Figure 9 is an enlargement of the structural model 
showing the element Identification numbers and their 
location. The RETSCP program is based on an Iso- 
parametric element so that considerably fewer el- 
ements are required to model the structure than for 
programs employing constant-strain triangles. 

Table III lists the 34 structural elements and 
the corresponding theoretical midlife temperatures 
for the four thermal analysis cases mentioned pre- 
viously. The progressively increasing temperature 
with cycles was accounted for In the analysis by 
selecting a midlife temperature. The heating tem- 
peratures are those occurring during the heating 
transient, and the cooling temperatures are those 
occurring during the cooling transient. 

The boundary conditions for the structural a- 
nalysie model are shown In Figure 10. As already 
noted, symmetry boundaries exist along radial planes 
through the centers of the channel ribs and coolant 
channels. The displacements of nodes along these 
planes are taken as zero normal to the planes. All 
nodes are permitted to move freely In the y or ra- 
dial direction. The thickness In the axial or z 
direction Is very small so that the thrust chamber 
axial contour can be neglected. The model is con- 
elderic to be of constant thickness, and the load 
In the axial direction Is that due to engine thrust. 
Therefore, a generalized plane strain model Is ap- 
plicable. The sir faces exposed to the coolant and 
combustion gases have pressure loads normal to 
those surfaces. This pressure Is replaced by force 
components at each nodal point, as shown In v lg- 
ure 10. Each node carries load from adjacent pres- 
sure surfaces. The force components on the com- 
bustion gas surface are zero during the cooling 


transient because the engine Is not being fired. 

Materials properties required for the structur- 
al analysis were obtained from references 8 and 9. 
Physical and mechanical properties of the three can- 
didate materials used In this program are document- 
ed in these references. Typical properties are pre- 
sented at room temperature, 27.6 K (50° R), and 
810.9 K (1460° R). 

The strain range for each element was calculat- 
ed by first inputting the thermal map for the heat- 
ing transient into the structural analysis program, 
along with the appropriate material properties and 
loading conditions. Total strain and plastic strain 
were determined for each element. The plastic 
strains were nonrecoverable (residual strains) and 
hence became Input for the cooling transient anal- 
ysis. The residual strains were then input with the 
cooling transient temperature map, and the total and 
plastic strains were obtained for the combined load- 
ing. The strain range was obtained by applying the 
heating and cooling strains to a theoretical hyster- 
esis loop, as shown In Figure 11. 

U 

In Figure 11, the total strain (e ) In the 

highly strained elements of the Inner wall Is In the 
plastic range during the heating transient. During 
the cooling transient the state of strain in each 
element normally reverses along the elastic line un- 
til the yield point Is reached and then proceeds to 
a strain of e£. In the process of this reversal, 

the strain state passes through a point of zero 
stress that corresponds to the residual plastic 
strain (cj|). The strain range Is taken as the sum 

of the total heating and cooling strains less the 
residual plastic strain. 

Table IV lists the strain ranges of each el- 
ement for the various material and thermal case 
combinations. The high strain ranges occurred In 
the hot-gas-slde wall region as expected. The max- 
imum strain range occurred at element 30 (see 
Fig. 9), which Is on the hot-gas-side wall centered 
under the coolant channel. The effective 6train 
range distribution across the model nodes for a typ- 
ical case Is graphically shown In Figure 12. 

The maximum strain ranges were used, along with 
the life curves of Figure 13, to establish the min- 
imum expected life of the chambers. This assumed 
that the engine failed when a crack appeared in the 
critical element. However, since all elements be- 
low the coolant channel had large strain ranges and 
a throughcrack had been defined as the criterion for 
failure. It seemed reasonable to average the strains 
In this area and to predict life based on this av- 
erage. 

Table V presents the maximum strain range and 
the average strain range for each case and the cor- 
responding cycles to failure. The actual test cy- 
cles to failure are also shown. In every case in 
which the liner material was annealed Amzirc or 
half-hard Amzirc, the minimum predicted life and the 
average predicted life were considerably higher than 
the actual life of the chamber. This can possibly 
be explained by the surface pits that were observed 
on the hot-gas-slde wall of the chamber. (A dis- 
cussion of these observed pits Is Included In the 
section Destructive Analysis .) According to ref- 
erence 11, every small flaw In the material Is sur- 
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rounded by a region where cyclic stresses and 
strains are larger than the average (nominal) val- 
ues because of stress concentrations. Consequently, 
the cyclic plastic strain in these small regions of 
stress concentration is always larger than the av- 
erage. The predicted critical strain range does not 
account for stress concentrations due to cracks or 
flaws. As a result it could be much smaller than 
the actual strain range occurring in the vicinity 
of the flaws. The use of the smaller strain range 
predicts a life that 13 longer than would be pre- 
dicted with the possibly larger actual strain range. 

Another possible explanation for the premature 
failures is the occurrence of cyclic creep, which 
results from a cyclic mean stress or strain. The 
most undesirable situation occurs with a cyclically 
softening material such as half-hard Amzlrc. When 
cycl-cally softening materials are involved, the 
damage accumulation is accelerated in two ways. 
First, the cyclic plastic strain increases from cy- 
cle to cycle because of softening. Second, there 
is a cyclic creep that tends to increase the mean 
strain toward the maximum available ductility. 

From the OFHC copper lives (Table V) it can be 
seen that in case 1.1 the minimum predicted life is 
greater than the actual life, in case 2.1 it is less 
rhan the actual life, an. in case 3.1 it is approx- 
imately the same as the actual life. The erratic 
res 1 1 s lead to the assumption that the material 
conditions for these chambers were not the same and 
that the failures may not heve been true fatigue 
failures. It was noted from the structural analy- 
sis results that the effective stresses associated 
with the maximum strain-range element were approx- 
imately equal to the ultimate strength of OFHC cop- 
per at the elevated temperature occurring during the 
heating transient. This suggests that it wan pos- 
sible for the coolant pressure to bulge the coolant 
passage wall to the point of ultimate failure. The 
physical basis for these assumptions is further dis- 
cuss ed in the section Destructive Analysis . 

Destructive Analysis 

In an attempt to explain tne results of the 
cyclic testing, a destructive analysis was initi- 
ated on representative chambers. In addition, some 
of the test specimens used to acquire the material 
life curves were analyzed to see if the material 
conditions were the same as those in the chambers. 
The results of these investigations follow, along 
with possible explanations of the discrepancy be- 
tween the predicted and actual lives. 

OFHC Copper Chambeis 

The failures in tne six OFHC copper chambers 
were not true fatigue failures although they were 
subjected to a cyclic type of loading. Figure 14 
shows that bulging of the channel walla toward the 
chamber centerline occur-^i during the cyclic test- 
ing. It also shows that there was thinning of the 
wall and rib in tne failure areas. Normally a fa- 
tigue failure la associated with crack initiation 
and consequent crack propagation that may be ev- 
idenced by fatigue strlatlons. The bulging and the 
thinning suggested that the failure mechanism was 
creep rupture and perhapa thermal ratcheting. Creep 
rupture is a result of a cyclic mean stress due to 
unequal loading in tension and compression or un- 
equal tension and compression yield atresaes. 

Thermal ratcheting can be caused by Incomplete 


strain reversal, unce substantial bulging occurs, 
the thermal and structural characteristics in the 
vicinity of the bulge change because of the change 
in geometry. This change in geometry was not ac- 
counted for in the thermal and structural analyses, 
thus introducing a possible Bource of error. The 
necking down of a cross section of an OFHC copper 
chamber failure site is shown in Figure 15. Typical 
thinning In the failure site was as much as 902. 
Other channels in the throat plane thinned from 15 
to 20*. 

The experimental life of OFHC chamber S/N 10 
was 39 cycles, whereas the average life of OFHC 
chambers S/N 40, 50, 70, and 71 was 150 cycles. 
Although the firing cycles were not the same, the 
theoretical maximum strain ranges were almost the 
same (2.57 and 2.85Z). Therefore, theoretically 
there should have been only a small difference in 
life. Etched cross sections of the billets from 
whi-ch these chambers were made showed that there 
was a difference in their grain structure. The bil- 
lets used to fabricate chambers S/N 40, 50, 70, and 
71 had measured ASTM grain sizes varying from ap- 
proximately 1 to 3. Crain sizes in the billet 
from which chamber S/N 10 was fabricated were quite 
large and radially columnar. Measured grain sizes 
in this billet were much larger than the 0.89-mm 
(0.035-in.) coolant passage wall thickness. It is 
obvious that these large columnar grains introduced 
grain boundaries that extended continuously from 
the hot-gas-side wall to the coolant passage. These 
throughgraln boundaries provided weak paths along 
which premature failures could occur. The chamber 
S/N 10 billet is shown in Figure 16. 

An interesting observation with OFHC copper 
chamber S/N 40 was evidence of cracking in nonfail- 
ure locations in the throat plane. It i6 possible 
that these cracks would have propagated to failure 
if the suspected creep rupture or thermal ratcheting 
had not already caused failure. Figure 17 shows 
that these cracks occurred in grain boundaries 
where it appears that recrystallizat ion has taken 
place. The indication is that although the failure 
mode was not fatigue, there was fatigue damage oc- 
curring. The strain range in this area (element 34, 
Fig. 9) and the number of cycles indicated consist- 
ent fatigue behavior of the OFHC material. 

Amzirc Chambers 

Because significant channel wall bulging was 
not observed in the Amzlrc chambers tested, it was 
presumed that material fatigue was the failure 
mode. As noted previously, the predicted lives of 
the Amzlrc chambers were much higher than the actual 
lives. A possible explanation for this discrepancy 
is that pits were observed in the hot-gas-side walls 
of the chambers and as a result the material was 
substantially different from the test specimens for 
which the lift curves were obtained. 

Following cyclic testing, surface pits were ob- 
served on the hot-gas sides of the Amzlrc chamber 
liners. These visible pits were located randomly 
over the surface of both the annealed and half-hard 
Amzlrc chambers. Nothing similar was observed with 
the OFHC copper chambers. Macrophotographs of rep- 
resentative pitted areas of a half-hard Amzlrc cham- 
ber are shown in Figure 18. The pits were 200 to 
400 pm in diameter. 

Further investigation of these pitted areas by 
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electron dispersion analysis showed that the mater- 
ial around the pits had a high zirconium content. 

It was concluded that the zirconium had not been 
dispersed uniformly throughout the material and 
coneequently its strengthening potential had not 
been fully utilized. Furthermore, surface cracking 
was observed in the pitted areas, as shown in Fig- 
ures 18(a) and (d), which indicated that the pits 
were possible locations of stress concentration. 
Similar Investigation of the samples used to obtain 
the life data in reference 8 showed that the zir- 
conium was uniformly distributed as fine 
precipitation-strengthening particles rather than 
as randomly distributed agglomerations of zirconium. 
This observation confirmed that the test specimen 
material waB not Identical to the chamber material 
with respect to ltB microstructure. Therefore, the 
fatigue life curves used to predict the chamber 
lives were not applicable to these chambers. 

A scanning electron micrograph of an Amzlrc 
chamber (chamber S/N 120) fracture surface is shown 
in Figure 19. The hot-gas-slde surface 1 b ut the 
top of the figure. This micrograph clearly shows 
the existence of fatigue strlatlons in the vicinity 
of the crack, which confirms the assumption that the 
Amzlrc chambers probably failed in a fatigue fail- 
ure mode. Also shown at the top center of the mi- 
crograph is tht crack initiation site. This flaw 
had a measured length of 1300 pm (0.050 in.) and a 
depth of 250 pm (0.010 in.), which is approximately 
one-third of the channel wall thickness. It was 
speculated that this flaw was present prior to test- 
ing and that it was a result of a zirconium-rich 
grain boundary inclusion. The strlatlons show that 
the flaw grew in depth with each cycle until it 
reached the coolant sldt of the liner wall in ap- 
proximately 35 cycles. Once it reached this point 
the crack grew longl tudlrally until it became large 
enough to produce a detectable failure. 

In contrast to the OFHC copper chambers, there 
was very little thinning with the Amzlrc chambers. 
With half-hard Amzlrc chamber S/N 120 for example, 
all channels were thinned by only 5 to 102, includ- 
ing the failure site. 

Another difference between the reference Amzlrc 
test specimen material and the chamber material was 
fund for the half-hard material cases. The half- 
lard Amzlrc test specimens of reference 8 has an as- 
fabricated hardness of Rockwell B (Rg) 45 to 46; but 
►he chambers had an as-fabricated hardness of Rg 
68 to 70, indicating much more cold working of the 
chambe r mat erial during fabrication. 

The test specimen results of reference 8 sig- 
nified that cold working the Amzlrc Improved the 
fatigue life of the material. This was true even 
though the specimens eventually strain softened to 
Rg 0 at their fracture sites. The half-hard 
Amzlrc chambers of this project did not demonstrate 
any advantage of cold working on fatigue life. 

They started out harder than the specimens of ref- 
erence 6 (Rg 68 to 70 versuj Rg 45 to 46) and were 
harder at their fracture sites (R„ 56 and Rg 10 
versus Rg 0). The half-hard Amzlrc chambers were 
cycled to two different nominal temperatures. Af- 
ter 82 cycles up to 828 K (1490° R), chamber S/N 120 
strain aoftenad to Rg 56 at the fracture site. 

After 21 cycles up to 1194 K (2150° R) , chamber 
S/N 110 softened to Rg 10 at the fracture site. 

With both chambers the hardness remained as fabri- 
cated in cooler regions away from the fracture 


site. The conclusion Is that strain softening did 
occur in half-hard Amzlrc cnambers near the hot- 
gas-aide wall. The amount of strain softening ap- 
pears to be related to the hot-gas-slde wall tem- 
perature. The advantage of hardening the Amzlrc 
chamber material by cold working during fabrication 
was not realized, although it had been expected 
from the data of reference 8. The reason may be re- 
lated to differences in the material discussed ear- 
lier. 

Concluding Remarks 

Present capabilities in predicting the low- 
cycle thermal fatigue life of rocket combustion 
chambers are limited by the following factors: 

1. The inability to predict wrll temperatures 

during the start and shutdown transients 
of the test cycle 

2. The inability to fabricate a chamber so that 

the microstructure of the material is 
identical to that of the laboratory test 
specimen used to determine the fatigue 
life characteristics of the material 

For the first factor, it is obvious that valid 
life predictions can be obtained only if proper 
structural analysis yields accurate strain-range 
predictions. For test cycles where the temperature 
difference between the hot-gas-slde wall ard the 
chamber O.D. maximizes during a rapid start tran- 
sient, the strain range will also maximize during 
this transient. If an a priori analysis is re- 
quired, then a rigorous heat transfer analysis must 
be made for the transients, since this is the life- 
limiting condition. 

Presently the heat transfer analysis during the 
transient is hampered by insufficient knowledge as 
to how the coolant coefficient and the hot-gas-slde 
coefficient vary during startup and shutdown. 

For the second limiting factor, better material 
processing end material property control are needed. 
In selecting chamber materials, the zirconium- 
copper alloys must continue to be considered. Im- 
proved fatigue life for these alloys has been dem- 
onstrated in reference 8. The material processing 
and material property control in this present work 
were inadequate aid the potential for the alloys was 
not realized. In fact, the fatigue life demon- 
strated was no better than if the material had not 
been alloyed st all. The fatigue life of most of 
the zirconium-copper alloy chambers would have been 
accurately predicted if the OFHC copper life curves 
had been used. The implication is that the allo>lng 
of the isothermal test specimens wsb done properly 
because there was a significant improvement in fa- 
tigue life over OFHC copper, but with the combus- 
tion chambers, the alloying was not effective and 
the potential advantage over OFHC was not realized. 
The fatigue life potential of copper alloys makes 
ihem the best choice for use as high-pressure, long- 
life rocket combustion chambers, but better naterlal 
processing control is needed. 

Summary of Results 

During a test program to investigate low-cycla 
thermal fatigue, 13 rocket combustion chambers were 
fabricated and cyclically teat fired to failure. 
Chamber liners were fabricated of copper or copper 
alloy and had milled coolant channels. The chasr- 
bars were completed by means of an electroformed 
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nickel closeout. The combustion chamber pressures 
were 4.16 ant' 5.52 MN/m- (600 and 800 psla). The 
oxidant-fucl ratio for the liquid oxygen and gas- 
eous hydrogen propellants was 6.0. The following 
results were obtained: 

1. The (allures in the oxyRen-free, high- 
conduct lvlty (OFHC) copper chambers were not typ- 
ical fatigue lallures but are best described as 
ratchet lng-enhanced creep rupture. The coolant 
channels bulged toward the chamber centerline and 
progressive thinning of the wall was produced dur- 
ing each cycle as a result. 

2. The Amzirc chambers failed by low-cycle 
thermal fatigue. 

3. The unexpected short life of the Amzirc 
chambers as compared with the predicted life was 
attributed to an unexpected difference in the cham- 
ber material from the material tested by Mar-Test, 
Inc. Although zirconium was present in the same 
concentration, its distribution was not uniform. 

4. Crack pro" gat ion was rather rapid in two 
of the annealed Atu'.:rc chambers once a throughc rack 
was present, growl g at an average rate of 1.2 mm/ 
cycle (0.045 in./ , tie). 

5. Some strain softening did occur in the half- 
hard Amzirc chambers near the hot-gas-side wall. 

fhe amount of strfin softening appeared to be re- 
lated to the hot-ga. -side wall temperature. 

6. An 0FHC li-tr fabricated from a billet with 
large radially col jmnar grains had a life of only 
39 cycles, whereas under identical test conditions 
OFHC liners fabricated from fine-grained billets 
had average lives of 150 cycles. 

7. With OFHC copper combustion chamber liners, 
sone recrystallization of grains at the hot-gas- 
side surface occurred and was accompanied by surface 
cracking. 

8. There was a trend of increasing measured rib 
temperature, chamber O.D. temperature, and coolant 
temperature rise from the first cycles to the lust 
cycles of chamber life. The amount of this in- 
crease seemed to be related to the amount of defor- 
mation, which in turn was related to the strength of 
the liner material used. 

9. With the OFHC copper liners, two different 
chamber contours were cyclically tested and there 
was no effect observed on life. 

10. Between cycles a leak as small as 1 wall 
thickness in diameter produced a distinct sound that 
was detectable and was recorded on an audio tape. 
From a review of the audio tape the exact cycle dur- 
ing which a failure occurred could be determined. 
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TABLE I. - TEST MATRIX 


Humber preaaure, MN/ni- (peia) 

Coolant flow rate, kg/oec 
(lb/aec) 

Cycle 

4.14(600) 

0.91(2.0) 

Slow 

4.14(600) 

0.91(2.0) 

Faat 

4.14(600) 

0.59(1.3) 

Faat 

5.52(800) 

0.59(1.3) 

Faat 

OFHC liner 
material 

Contour A 



S/N 70 
S/N 71 

S/N 60 



Contour B 

s/:i 10 

S/N 40 
S/N 50 

i 

BaBi 

Annealed Amzlrc 
liner material 

Contour A 



S/N 100 
S/N 101 

S/N 90 

S/N 80 

Half-hard 
Amzlrc *lner 

material 

Contour A 


S/N 120 
S/N 121 


S/N 110 


hJ 
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TABLE II 


NOMINAL TEST CONDITIONS AND EXPERIMENTAL DATA 


Tu*k«r 

S/N 


Liner 

material 


Experimental data 


Hottest rib temperature 


L s ~ l 

K 

°R 

606 

1090 

611 

1100 

644 

1160 

611 

1100 

789 

1420 

928 

1670 


End 


°R 


Number 

of 

cycles 

to 

failure 


Nominal test conditions* 


Coolant 

flow 

rate 


kg/sec I lb/sec 


Chamber 

pressure 


MN/m^ I psla 


Rib 

temper- 

ature 


OR 


Thermal 

analysis 

case 


Strain 

analysis 

case 


Rersarks 


bio 

40 

SO 

70 

71 
100 

101 

120 

121 

60 

90 

80 

110 


OFMC copper 


Annealed 

Amclrc 

Annealed 

Amclrc 

Half-hard 

Amalrc 

Half-hard 

Amclrc 

OFHC 

copper 

Annealed 

Amclrc 

Annealed 

Amclrc 

Half-hard 

Amclrc 


626 

639 


686 

611 

1420 

1420 

967 


12 *0 

1127 

1150 


1235 

1100 

1643 

1443 

1740 


39 

165 

130 

152 

151 

c 63 


82 

65 

34 

c 85 

77 

21 


0.91 


0.59 


2.0 


1.3 


4.14 


4.14 

4.14 

5.52 

5.52 


600 


656 

639 


1180 

1150 


600 

600 

800 

800 


833 

833 

947 

947 


1500 

1500 

1705 

1705 


1.1 

2.1 


2.2 

2.2 

2.3 

2.3 

3.1 

3.2 

4.1 

4.2 


{§ 


itlonal 13 cycles put on 
after first failure (130 cycles); 
three additional pin holes dis- 
covered after retest 


Three failures discovered 
at same time 
Premature failure - two 
plugged channels 


Four failures discovered 
at same time 


Surface melted at crack 
site 


•Coolant inlet temperature, 33 K(60° R) for all tests. 
kSiow cycle; all others are fast cycle. 
c Some uncertainty as to when first failure occurred. 
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TABLE IV. - ELEMENT STRAIN RANGES VARIOUS 
MATERIAL AND THERMAL CASE COMBINATIONS 


Element 

Strain range, percent 

C?se 

1.1 

H 

• 

CM 

2.2 

2.3 

3.1 

3.2 

4.1 

4.2 

I 

0. ii 

i 

; 0.34 

0.26 

0.26 

0.32 

0.31 

0.36 

0.36 

2 

.19 

.34 

.25 

.27 

.33 

.33 

.36 

.36 

3 

.20 

.36 

.26 

28 

.34 

.34 

.38 

.39 

4 

.22 

.28 

.28 

.27 

.23 

.24 

.24 

.73 

5 

.24 

.24 

.24 

.23 

.17 

.18 

.19 

.26 

6 

.25 

.23 

.23 

.21 

.17 

.17 

.18 

.26 

7 

.51 

.41 

.42 

.41 

.47 

.48 

.58 

.57 

8 

.52 

.42 

.42 

.43 

.49 

.49 

.60 

.58 

9 

.63 

.57 

.57 

.56 

.66 

.69 

.84 

.79 

10 

.67 

.60 

.62 

.57 

.71 

.76 

.91 

.84 

11 

.78 

.72 

.74 

.71 

.87 

.88 

1.07 

1.04 

12 

.79 

.73 

.75 

.73 

.87 

.89 

1.08 

1.05 

13 

.93 

.89 

.92 

.90 

1.10 

1.12 

1.35 

1.37 

14 

.86 

.82 

.82 

.81 

.99 

.98 

1.21 

1.21 

15 

2.25 

2.58 

2.55 

2.58 

3.24 

3.20 

3.84 

3.88 

16 

2.42 

2.79 

2.78 

2.42 

3.47 

3.46 

4.12 

3.94 

17 

2.26 

2.59 

2.64 

1.72 

3.23 

3.27 


3.65 

18 

1.54 

1.66 

1.69 

1.30 

2.10 

2.15 

2.68 

”>.68 

19 

1.22 

1.21 

1.24 

2.48 

1.55 

1.60 

1.96 

Ed 

20 

*!. 37 

2.70 

2.69 

2.39 

3.36 

3.34 

3.98 

3.80 

21 

2.26 

2.57 

2.60 

2.09 

3.21 

3.22 

3.86 

3.65 

22 

1.91 

2.13 

2. 15 

2.09 

2.71 

2.72 

3.28 

3.21 

23 


2.03 

2.05 

2.09 

2.52 

2.55 

3.20 

3.24 

24 

.a 

1.83 


1.96 

2.17 

2.22 

2.94 

3.03 

25 

2.45 

2.76 


2.49 

3.42 

3.44 

4.12 

3.82 

26 

2.24 



2.34 

3.12 

3.15 

3.80 

3.61 

27 

mi 


2.25 

2.23 

2.82 

2.84 

3.48 

3.45 

28 

1.89 

2.11 

2.11 

2.18 

2.68 

2.67 


3- 41 

29 

1.83 

2.00 

1.99 

2.12 

2.59 

2.58 

3.11 

3. *6 

30 

2.57 

2.85 

2.91 

2.58 

3.54 

3.60 

4.34 

3.97 

31 

2.27 

2.49 

2.55 

2.36 

3.14 

3.18 

3.89 

3.67 

32 

2.07 

2.28 

2.78 

2.30 

2.89 

2.90 

3.58 

3.62 

33 

2.07 

2.27 

2.. '5 

2.35 

2.94 

2.92 

3.57 

3.74 

34 

2.05 

2.23 


2.34 

2.91 

2.86 

3.46 

3.63 







































Case 

l iner 
material 

Serai i range, 
percent 

Predicted cycles 
to failure 

Actual 

(experimental ) 
cycles to 
failure 



Maximus 

Average 

a Minimum 

Average 

1.1 

OFHC copper 

2.57 

2.26 

76 


39 


OFHC copper 

2.85 

2.34 

60 


b 150 


Ar’nt a led 
Amzirc 

2.91 

2.56 

330 

480 

63 


Half-hard 

Amzirc 

2.58 

2. 39 

840 

1000 

c 74 


OFHC copper 

3.54 

3.18 

37 

47 

34 


Annealed 

Amzirc 

3.60 

3.19 

193 

260 

85 

4.1 

Annealed 

Amzirc 

4.34 

3.85 

125 

163 

77 

4.2 

Ha If -hard 
Amzirc 

3.97 

3.69 

335 

390 

21 


a Based on maximum strain. 
b Average of four specimens. 
c Average of two specimens. 
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COOLANT INLET 


C-76-866 


(a) PHOTOGRAPH OF TEST COMBUSTION CHAMBER AND THRUST STAND. 
Figure 1. - Test facility. 












(b) SCHEMATIC OF TEST FACILITY. 
Figure L - Continued. 
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FUEL INJECTION PRESSURE, 
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(0 

Figure 1. - Concluded. 
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(a) PHOTOGRAPH OF INJECTOR FACE. 
Figure 2. - Injector. 


(b) SKETCH OF INJECTOR ELEMENT. 
Figure 2. - Concluded. 
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(d) THROAT CROSS SECTION. 
Figure 3. - Continued. 


let PHOTOGRAPH OF CLOSED OUT LINER (CONTOUR "B"). 
Figure 3. - Continued. 



(e) COMPLETED FATIGUE CHAMBER (CONTOUR B). 
Figure 3. - Continued. 


C-76-1026 

(f) COMPLETED FATIGUE CHAMBER ICONTOUR A). 

Figure 3. - Concluded. 
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(a) SLOW TEST CYCLE. 

COMBUSTION 
CHAMBER PRESSURE 
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(b) FAST TEST CYCLE. 


Figure 4. - Schematic comparison of two different duty cycles used in fa- 
tigue testing of rocket chambers. 
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Figure 5. - Measured rib temperatures and chamber 0. D. temperature 
as function of time for one firing cycle. Chamber S/N 70. 
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lb) SUMMARY OF COOLANT TEMPERATURE RISE DATA 
FOR EACH LIFE CYCII. 



COOLANT FLOW RATE. 
KG/SEC 


1.0 1.5 2.0 2.5 

COOLANT FLOW RATE, LB/SEC 


(Cl EFFECT OF COOLANT FLOW RATE 
ON MEASURED RIB TEMPERATURE. 


Figure 6. - Experimental data. Chamber S/N 101. 



(a) CHAMBER S/N 50 - OFHC COPPER. 
Figure 7. - Typical fatigue failure sites, 


(b) CHAMBER S/N 121 - 1/2 HARD AMZIRC, 


Continued, 
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(C> CHAMBER S/N 80 - AMZIRC * 2 CYCLES AFTER FAILURE. 
Figure 7. - Continued. 
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(d! CHAMBER S/N 80 - AMZIRC - 12 CYCLES AFTER FAILURE. 

Figure 7. - Continued. 
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(el CHAMBER S/N 100 - AMZIRC, 


Concluded. 
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ing of thermal analysis to experimental data. 
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Figure 10. - Force and displacement (sym- 
metry) boundary conditions. 


Figure 9. - Structural model with element 
numbers. 
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CYCLES TO FAILURE, N f 


Figure 13. - Typical low-cycle fatigue life of annealed OFHC copper, 
annealed Amzi rc, and half-hard Amzi rc. i * 0. on? sec' 1 ; 

538 K (1460° R). 
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Figure 15. - Enlarged 1X150) cross-sectional photograph of a 
failure site with an OFHC copper chamber liner. 


Figure 16. - OFHC copper billet used to fabricate chamber S/N 10. 





Figire 17. - Enlarged (X150) cross-sectional photograph showing recry- 
stallization and cracking of grain boundaries with an OFHC copper 
chamber. 



Figure 18. - Enlar^ (X15) photographs of surface pits 






NASA-Lewit 


figure 19. - Scanning electron microscope 
photograph of fracture surface. Chamber 
S/N 120. 


